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IIWRODUCTION 

Research dealing with the problen of aerodynamic heating of high- 
speed n?issiles and airplanes has occupied a prozinent place i n  aerodynamic 
in t e re s t s  i n  the past ten years and w i l l  continue t o  grow i n  importance 
as speeds continue t o  increase. Because of the l imited understanding of 
many of the phjrsical processes involved, considerable dependence Eust be 
placed on experiment as a source of information to guide theory and design. 
Accordingly, there has been ac t iv i ty  along several l i nes  of attack i n  the 
f a c i l i t i e s  of the NACA t o  discover and apply sui table  methods f o r  study- 
ing aerod-c heating experimentally. The problem has several  aspects. 
.It i s  d i f f i c u l t ,  first of all, t o  simulate adequately the heat-transfer 
conditions which occur during f l i g h t  through the ataosphere because a num- 
ber of simulation variables i n  addition t o  those normally used i n  aero- 
d y n a i c  investigations enter -the problem. Also, it i s  frequently found 
t h a t  the xethods used t o  achieve simdation make the problems of measure- 
r en t  d i f f i c u l t .  It w i l l  be the purpose of t h i s  paper t o  review the expe- 
rience gained a t  the Ames Labcra-tory of khe NACA with respect tc the siim- 
l a t i o n  and cleasurement of aerodynamic heat t ransfer  a t  supersonic and 
hypersoriic speeds. 

SYMBOLS 

0 
ex, heat capacity a t  constant pressure, Btu/slug X R 

- r a t i o  of average skin-friction coefficient t o  that a t  zero Mach 
CF 

number and zero heat transfer f o r  the same length Reynolds 
number, dimensionless 

CFi 

C f  

'fi 
r a t i o  of l oca l  skin-friction coefficient t o  tht a t  zerc? k c h  

number and zero heat transfer f o r  the same length Reynolds 
number. dimensionless 
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Subscript 

boundary-layer-edge conditions 

S r n T I O N  

As ,&I all aerodynamic testing, similar,ty parameters are used as a 
guide i n  the design of aerodynmic heating experiments. In contrast  t o  
conventional force and s"Lbi1ity testing, however, where Mach number and 
Reynolds number a re  the p r i m r y  s i z i l a r i t y  parameters, it is  necessary 
i n  aerod-;mmic heating tests t o  give at tent ion t o  additional parameters. 
This is  required because aerodynmic heating i s  a boundary-layer phenom- 
enon, and the properties of the boundary layer  are  determined by tempera- 
tu re  as well as by e l a s t i c ,  viscous, and ine r t i a  forces. 
we should expect -io encounter dimensionless parameters whose values depend 
upon temperature. 

Consequently, 

I n  discussing simulation herein, emphasis w i l l  be placed on rekog- 
..) 

nizing the s ignif icant  variables i n  the problem. 
i s  the dimensionless heat-transfer coefficient,  the Stanton nmber, 
defined i n  equation (1) . 

The dependent variable 

h 
S t  = - 

CpPU 

The Stanton nmber i s  re la ted t o  the heat-transfer r a t e  as shown i n  equa- 
t i on  (2). 

It should be noted tha t  the temperature of the body surface and the 
boundary-layer recovery temperature a re  essent ia l  t o  def ini t ion of the 
heat-transfer rate. 
rate citn vary from large posit ive values through zero t o  large negative 
values, depending on body-surface and recovery temperatures. 
Eentioned t o  c l a r i fy  the def ini t ion and significance of the Stanton num- 
ber  which may be regarded as a dimensionless fac tor  of proportionali ty 
between heat-transfer rate and the temperature potent ia l  causing heat 
transfer.  It %?ill be presumed that i n  a given problem, the body-surface 
t e q e r a t u r e  and the stream properties a re  known. 
i s  information en the recovery temperature and Stanton number. 

For a given value of the Stanton number, heat-transfer 

"his is  

What i s  required, then, 
B 



The variables which are known to affect Stanton nm-ber are shown in 
equation (3). 

The Mach number and Reynolds number are rather naturalljj expected to 
affect the heat-transfer problem as they do other aspects of aerodynamics 
in general and boundary-layer flow in particular. The Prandtl number can 
be expected to have importance because it represents the thermal proper- 
ties, conductivity and heat capacity, of the fluid. The additional var- 
iables require some comment . 

The body-surface temperature to boundary-layer-edge tewerature ratio, 
Tw/To, enters the problern as it affects the temperature and density struc- 
ture of the boundary layer. In figure 2, there are shown the differences 
which occur in boundary-layer density and te.xperature profiles when the 
w a l l  teniperature is varied from a relatively cold value, Tw = To, to a 
hot value, Tw = Tro These data are for laminar boundary lajer m d  were 
taken f r o m  the calculations of Klunker and NcLean, reference 1. 
are the temperature and density distributions grossly altered by the change 
in w a l l  temperature, but the boundary-layer thickness is affected as well. 
With changes of this masitude iq the boundary-layer structure, it should 
not be expected or assumed that the Stanton number will be unaffected, 
Recent data on the skin friction of turbulent boundarj layers (refs. 2, 
3, and 4) relate to this effect and are shown in figure 3. The da"i show 
appreciable differences in the measured skin friction at a given bhch and 
Reynolds number between the tests with l o w  wall temperature and those 
with the w a l l  temperature near the boundary-layer-recovery texqeracure. 
Since close relationship exists between the dirnensionless coefficients of 
skin friction and heat transfer, references 5 and 6, similar effects are 
expected in the case of heat transfer. 
number and heat-transfer coefficient, h, will not be constant over wide 
ranges of body-surface temperature. 

Not only 

This implies that the S"&nton 

The variable Rt in figure 1 is the transition Reynolds number and 
is important because of the large differences in the heat-transfer charac- 
teristics of laminar and turbulent boundary layers. This variable is 
included to emphasize the importance of knowledge of the flow type in 
experimen'tal investigation as well as in flight. 
iment conducted with a transitional boundary layer instead of a laminar 
or turbulent boundary layer can easily become misleading and valueless. 
The transition Reynolds number, it is felt, should be considered an inde- 
pendent variable in the heat-transfer problem. 
information on transition Reynolds number for the flight condit5on is 
apparent. 

An otherwise valid exper- 

Also, the need for valid 
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The free-stream air temperature, To ,  is used in equation (3) as an 
index of all the air temperatures in the problem. 
Mach number and wall temperature, fixes the temperature level throughout 
the boundary layer and flow field. 
at hypersonic speeds is that it determines the occurrence of such effects 
as the activation of vibrational heat capacity in the fluid, or the occur- 
rence of molecular dissociation, whereby some of the norma.lly diatomic 
molecules of oxygen and nitrogen absorb sufficient vibrational energy to 
separate into a monatomic state. Since these effects depend on the tem- 
perature level of the air, their simulation requires that flight temper- 
ature levels, that is, free-stream temperatures from 400° to 600' Rankine 
and stagnation temperatures of many thousands of degrees Rankine, depend- 
ing on the Mach number, be simulated. 

Fixing To,  dong with 

The importance of temperature level 

One of the principal questions relative to dissociation is the time 
required for it to occur. That is, assuming that the temperature levels 
are such that, in time, appreciable dissociation will occur, then will 
it occur fast enough to make itself felt ia the short time available as 
the air streams through the high temperature flow field of the bcdy? 
This suggests that still another variable is needed for simulation, the 
tine for dissociation compared to the time of influence of the body flow 
field,  UT/^. 
lag was recognized by Kantrowitz in reference 7. 
is that the time for dissociation depends on the gas composition and pres- 
sure. The presence of water vapor, for example, changes significantly 
the time for the vibrational heat capacities to reach equilibrium, refer- 
ence 8. 
humidity w i l l  not experience the same dissociation and vibration effects, 
and the condition simulated will depend on the humidity in the test stream. 

The importance of this variable with respect to heat-capacity 
A complicating factor 

Therefore, it appears that flights under varying conditions of 

A secondary effect of free-stream temperature is related to the laws 

Temperature varies across the boundary layer and causes these air 
governing the variation of thermal conductivity and viscosity with temper- 
ature. 
properties to vary. However, the laws of variation in the very low temper- 
Ature region differ from those at higher temperature. 
lation of this effect will require simulation of flight temperature levels. 

Hence, a full simu- 

The variables dp/dx and dTw/dx express the influence of body shape 
and surface-temperature gradient. As such, they are beyond the scope of 
the present discussion which is confined to facility effects primarily. 
Needless to say, they w i l l  influence the heat-transfer probleE and mst 
be simulated. 

For the case of aerodynamic heating occurring at very high altitudes, 
parameters based on molecular properties such as the Knudsen number (ratio 
of mean free path to characteristic dimension) and molecular speed ratio 
(ratio of flight speed to the most probable molecular speed) are encoun- 
tered, references 9 and 10. It is interesting to note that these param- 
eters can be related to Ma.ch number and Reynolds number so that a c t w l l y ,  
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no new parmeters  a re  involved. 
t ransfer  l a w s  derived fo r  continuum f l o w  not be applied under conditions 

expressed i n  terns  of the Knudsen number. 

It i s  i;nporL&nt, however, that heat- 

I 
of s l i p  flow or f r e e  molecule flow - conditions whose boarldaries can be 

These are the variables which influence aerodynamic heating and which 
must therefore be simulated. It i s  a formidable list.  What, then, are 
the methods available f o r  achieving t h i s  simulation? 

The Problem of Simulation i n  Wind Tunnels 

The problem of simulating f l i gh t  conditions i n  a wind-tunnel t e s t  
designed t o  measure convective heat t ransfer  t o  a specif ic  body reduces 
t o  the s in i l a t ion  of the correct air temperature, body temperature, Mach 
number, and Reynolds number. Simulation of the correct air  temperature 
i s  probably the most d i f f i c u l t  task for moderate Mach and Reynolds numbers. 
Figure 4 shows the stagnation a i r  temperature required i n  a supersonic 
wlnd tunnel t o  maintain a test-section s t a t i c  temperature of 400° Rankine. 
It would aT?ear from t h i s  figure that continuous wind tunnels, which are  
capable of simultaneously simulating f l i g h t  temperatures and bhch numbers 
are probably not feas ib le  above a mch number of 4 o r  5. In  a high Mach 
number, high stagnation temperature wind tunnel, d i f f i cu l ty  i s  a l s o  expe- 
rienced i n  a t ta ining high Reynolds numbers. Figure 5 shows the stagnation 
pressure which must be used i n  order to maintain several Reynolds numbers - w h i l e  sumltaneously simulating f l i gh t  temperatures. The very high pres- 
sures required t o  f u l l y  simulate f l i g h t  conditions even a t  a Mach number 
of 6 and a Reynolds number of 5 m i l l i o n  per foot  w i l l  obviously cause 
severe problems. 

One wind tunnel, designed primarily f o r  heat-transfer studies, which 
has recently been completed, is  the 10- by 12-inch heat-transfer wind 
tunnel located a t  the Ames Laboratory. 
Mach numbers from 2.5 t o  6 and i s  capable of simulating the correct s t a t i c  
temperature up t o  lkch numbers of at l ea s t  4. This requires a s-gnation 
temperature of 1660O Rankine. The stagnation pressure may be varied from 
less than 1 to a maximum of ll atmospheres which gives a maxinun Reynolds 
number of 14 million per foot.  
obtained a t  the highest stagnation temperature. 
t ion temperature a t  a Mach number of 4, the maximum Reynolds number i s  
about 3 million per foot. 
temperature i s  not simulated completely. Hence, the degree of simulation 
decreases as the bkch number increases. 

This wind tunnel operates a t  

This Reynolds number, however, i s  not 
A t  the highest stagna- 

A t  s t i l l  higher Maxh numbers the correct a i r  

The t e s t  section of this wind tunnel i s  composed en t i re ly  of s ta in-  
8 l e s s  steel which i s  required from the standpoints of strength and r e s i s t -  

ance to  oxidation. The wind tunnel i s  essent ia l ly  uncooled. This feature  
permits the correct recovery temperature on m o d e l s  t o  be obtained without 

! 
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having to apply a correction for radiant heat loss to the walls. 
nozzle blocks are rigid but movable by means of jacks. 
are held by air-loaded jacks and are moved out when the nozzle blocks are 
moved to change the Mach number. 
their motion, the side w a l l s  are clamped tightly against the nozzle blocks 
by means of these air-loaded jacks, thus effecting a metal-to-metal air 
seal. 

The 
The side walls 

After the nozzle blocks have completed 

Beyond a Mach number of 4, the difficulty of obtaining temperature 
simulation by use of a wind tunnel with a heated air supply increases 
and it becomes imposingly difficult at Mach numbers greater than 6. 
have been devised, therefore, some wind tunnels of specialized type, 
designed to operate at high temperature levels for short duration. 
Aqes hypersonic gun tunnel is in this categorj. It consists of a conical 
nozzle attached to the muzzle end of a gun. 
the bore of this gun by means of a powder charge placed behind it. As 
the nylon piston progresses, it compresses the air in front of it. It 
Travels at such a speed that shock waves are formed which proceed ahead 
of the piston to the end of the barrel and reflect repeatedly, thus heat- 
ing %he air in a highly nonisentropic fashion. 
rest with some oscillation when the pressure of the compressed air becomes 
equal to the pressure of the expanded powder gases. A valve is then opened 

nozzle in front of which is placed the model to be tested. 
the compression stroke of the nylon piston is only a fraction of a second, 
but the duration of the test air flow is then about 1 second. 
temperatures of about 2500' Rankine are obtained at Mach numbers of approx- 
imtely 10. This stagnation temperature, while high by usual standards, 
is still considerably below the flight value at this Mach nmber. 
theless, this facility is useful for studying heat-transfer problems at 
high temperature levels and hypersonic speeds. 

There 

The 

A nylon piston is driven down 

The piston is brought to 

* to permit the air to flow out of the gun barrel through the sIIlall conical 
The time for 

Stagnation 
* 

Never- 

For investigation of certain features of hypersonic heat transfer, 
it is possible to use substitute gases instead of air in steady-state 
wind-tunnel tests. For example, the use of helium is advantageous because 
it w i l l  avert the problem of fluid condensation at high Mach numbers. 
course, some of the simulation variables are not satisfied in tests with 
substitute gases, notably the temperature level and the wall to free-stream 
temperature ratio, but this does not preclude the useful application of 
such facilities to certain problems. 
and surface-temperature gradients at hypersonic 1.lach number, the problem 
of shock-wave boundary-layer interaction near the leading edge, and the 
variation of Stanton number with Mach number in dissociation-free flow 
with sl;lall heat transfer can be investigated, to name a few. 
Laboratory, a 1- by 10-inch helium channel is under development. Helium 
is supplied to the stagnation chamber of the nozzle at a pressure of 
approximately 70 atmospheres and at about room temperature. The Reynolds 
numbers attained in this wind tunnel are high even at high Mach numbers. 
This is due primarily to the fact that the density does not decrease with 

Of 

For example, the effects of pressure 

At Ames 

b 

. 



rising Mach number as fast in helium as in air because of the difference 
in 7. 
lion at a Mach number of 20 when the stagnation pressure is 68 atmospheres. 
The Mach number range projected is from low supersonic speeds to a Each 
number of 20. 

The Reynolds number per foot in the Ames facility will be 7.5 mil- 

In reference ll, Chapman has proposed the use of additional substi- 
tute gases, mixtures of heavy polyatomic and heavy monatomic gases. The 
primary reason for the use of these gases is the relatively low speed of 
sound which occurs in heavy gases. 
numbers for a given velocity. 
advantage over the previousljr mentioned helium nozzle in that the correct 
value of 7 can be obtained and, in fact, the variation of 7 with Mach 
nubber can be made to match that which occurs in air during flight. The 
disadvantage in the use of heavy gases is that the dissociation which 
occurs in air is not sinulated, although substitute gases have been used 
in fu-rdmental studies of dissociation phenomena. 

This permits testing at higher Mach 
The use of heavy gas mixtures has the 

Simulation in Free-Flight Ranges 

For more complete simulation of flight conditions at high supersonic 
speeds, particularly with respect to temperature, it would appear neces- 
sary to use something other than a wind-tunnel technique. 
is free-flight testing at s m a l l  scale to develop the very high stagnation 

actions as occur in full-scale flight. 
in a facility at the Ames Laboratory referred to as the supersonic free- 
flight wind tunnel (ref. 12). 
at high speeds and, to promote the attainment of high supersonic Mach 
number, are flown upstream through the test section of a supersonic wind 
tunnel with an air-stream Mach number of 2 so that the velocity of the 
air adds to that of the model. 
ature of approxin;ately 300' -dine due to expansion from an unheated 
reservoir to a Mach number of 2. 
test Mach numbers tha.n would otherwise be possible because of the lower- 
ing of the speed of sound. However, it also brings the temperature level 
of the tests below the desired range for f u l l  simulation of atmospheric 
flight. At a Mach number of 10, for example, the stagnation temperature 
without dissociation for flight at altitudes between 30,000 and 100,000 
feet is computed to be 8400' Rankine whereas in this facility it would 
be three-fourths as great or 6300' Rankine. Thus, test stagnation temper- 
atures usefully close to the flight stagnation temperatures are realized. 
By slight modification the facility could be made to simulate fully flight 
air temperature levels. Substitution of a Mach number 1.3 nozzle for the 
existing Mach number 2 nozzle would produce this result, as would preheat- 
ing the supply air to a temperature of 720° Rankine or 260° Fahrenheit. 
Tests can also be made using still air as the test medium to obthin results 

One possibility 

* temperatures and boundary-layer temperatures by the same aerodynamic 
This technique has been applied 

Models are gun-launched in this facility 

The air in the test section has a temper- 

This makes it possible to achieve higher 

* 

- 
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be applied, recovery temperature can be measured indirect ly  by observing 
the var ia t ion i n  heat flow ra t e  as  a function of body temperature. 

flow yields,  by definit ion,  the recovery temperature. However, caution 
must be used i n  applying t h i s  procedure since, i n  cases where the heat- 
t ransfer  coefficient i s  not constant with temperature difference, the 
extrapolation w i l l  not be l inear .  

Extra- 
* polation of the data t o  obtain the body surface temperature f o r  zero heat 

Measurement of the recovery factor, r, requires, i n  addition t o  meas- 
ureEent of the recovery temperature, knowledge of the Mach number and 
s t a t i c  air  temperature. The s t a t i c  temperature i s  usually obtained by 
conputation from measurements of the stagnation temperature. The l a t t e r  
i s  usually measured d i rec t ly  i n  the se t t l i ng  chamber of the wind tunnel 
where the a i r  velocity i s  low enough tha t  it can be assumed tha t  t h e  air  
temperature i s  the stagnation value. The primary precaution t h a t  must be 
observed i s  tha t  a t rue average temperature is  measured. 
stagnation temperature i s  obtained by averaging the readings from a number 
of thermocouples placed throughout the s e t t l i n g  chamber. The other quan- 
t i t y  required, the Mach number, i s  computed from measurements of  the s t a t i c  
and p i t o t  pressures i n  the test section. 

Usually, the  

The measurement of the heat f l o w  rate i s  probably the most d i f f i c u l t  
B y  f a r ,  the measurement tha t  must be made i n  a heat-transfer experiment. 

In 
order t o  see how t h i s  i s  accomplished, l e t  us examine the model shown in  
f igure 6(a). This model which i s  similar t o  one used i n  reference 1 3  is 
composed of several heating sections formed by individual heating elements 
set  f lush  with the surface. Use of separate heating sections a l l o w s  the 
heat input t o  each t o  be adjusted so that any desired surface temperature 
d is t r ibu t ion  can be obtained. Direct measurement of the e l ec t r i ca l  heat 
input t o  these sections a t  thermal equilibrium then allows the heat- 
t ransfer  rate t o  each section to  be determined direct ly .  Another method 
which has been used a t  the Ames Laboratory (ref .  14) i s  to  use the body 
s h e l l  i t s e l f  as the resistance element as shown i n  figure 6(b). In t h i s  
technique a heavy e l ec t r i ca l  current i s  intreduced along the cent ra l  shaf t  
and passed through the body shel l .  The body resistance then dissipates 
the power and from the t o t a l  current flowing and the loca l  voltage drop 
along the body, the loca l  heat input t o  the body can be determined. 
Despite i t s  accuracy, the electrical. method has the disadvantage that it 
must be used essent ia l ly  under steady-state conditions so t h a t  it cannot 
be applied i n  tests of too short  duration. Also the direction of heat 
flow i s  reversed from the most interest ing and prac t ica l  case; t h a t  is, 
the heat flow is  out of the body instead of in to  the body. 

There are two methods which can be used t o  measure heat f l o w  into 
bodies from an air  stream. The f irst  is the use of heat meters. This 
technique has been w e l l  described in  reference 15. 
t h in  slab of thermally conducting material which has attached t o  i t s  oppo- 
s i t e  faces the  hot and cold junctions of a thermopile t o  measure the t e m -  
perature drop across the slab. 

L most accurate method i s  d i r ec t  measurement of e l ec t r i ca l  heat input. 

The heatlneter i s  a 

The heat meter i s  in se t  i n to  the  body 
t 
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under observation. 
perature  drop across the  slab i s  a measure of t he  amount of heat flowing 
through it. 

By the  laws of steady-state heat conduction, t he  t e m -  

The second method which lends i tself  t o  t h e  measurement of heat- 
t ransfer  rates of e i the r  heated o r  cooled bodies i s  the  t rans ien t  tech- 
nique. This method a l so  has t h e  v i r tue  t h a t  it can be used i n  t rans ien t  
wind tunnels, such as t h e  hypersonic gun tunnel, shock tubes, or free- 
f l i g h t  ranges as w e l l  as i n  continuous wind tunnels. I n  t h i s  technique, 
t he  body surface temperature i s  made d i f fe ren t  from the  air-stream recovery 
temperature by heating or cooling pr ior  t o  measurement. Then, i n  the  t e s t ,  
t h e  body i s  allowed t o  approach the  recovery temperature of the  stream 
under t h e  action of t he  a i r  flow. The t i m e  r a t e  of change of body temper- 
ature i s  a measure of the  instantaneous rate of heat t ransfer .  The r a t e  
of change of temperature with time of each element of volume must be meas- 
ured, and t h e  mass and heat capacity of each element must be known. This 
has been proven a very useful technique and has been used by many invest i -  
gators (e.g., refs. 16 and 17). 

Free-Flight Range Measurements 

- 
Methods f o r  measuring aerodynamic heating i n  small-scale f ree- f l igh t  

t e s t s  are under development a t  t h e  present t i m e .  Techniques have been 
perfected f o r  studying the  related topics of boundary-layer t rans i t ion  
(ref. 18) and skin f r i c t i o n  (ref.  2). I n  t h e  remainder of t h i s  paper, 
t he  methods which are now under study fo r  obtaining heat-transfer data 
d i r ec t ly  w i l l  be reviewed. 

.. 

I n  t h i s  type of t e s t ,  opt ical  methods of measurement are  t o  be pre- 
ferred since opt ical  data on the  f l i gh t  are r e l a t ive ly  easy t o  obtain i n  
the  form of spark shadowgraphs or short-duration pictures  of other kinds. 
Accordingly, t h e  poss ib i l i ty  of measuring heat t ransfer  by interferometry 
i s  being explored a t  t he  present time. 
with a working f i e l d  of 10- by l b i n c h e s  i s  used t o  record a spark in te r -  
ferogram of 3 microseconds d u r a t i o n  of t h e  tes t  model i n  f l i gh t .  
t h e  pictures  which has been obtained i s  shown i n  figure 7 and a corre- 
sponding shadowgraph of a s i m i l a r  t e s t  model i s  shown i n  figure 8. 
evident from the  shadowgraph, t h e  boundary layer  i n  t h i s  case w a s  turbu- 
len t .  
f r inge  s h i f t s  give a quant i ta t ive measure of t h e  boundary-layer density 
dis t r ibut ion.  
appear small for t he  par t icu lar  conditions of these tests. Reduction of 
t h e  fr inge-shif t  data t o  density data proceeds from t h e  assumption of 
ax i a l  symmetry, The boundary layer  i s  divided, f o r  purposes of computa- 
t i on ,  i n t o  a f i n i t e  number of annular elements and it i s  assumed t h a t  t he  
density var ies  l i nea r ly  through each. Density data obtained i n  t h i s  way 

AMach-Zehnder interferometer 

One of 

A s  i s  

The boundary layer  i s  a l so  v i s ib l e  i n  the  fr inge pattern.  The 

Errors due t o  refract ion of l i g h t  i n  the  boundary layer  

. are converted t o  temperature p ro f i l e s  by assuming that the s t a t i c  p e s s u r e  



- 12 - 
L 

i n  the boundary layer  is  independent of distance from the surface and 
therefore tha t  the product, pT, i s  constant. Temperature dis t r ibut ions 

prof i les  is obtained, not all of which i s  due t o  experimental sca t te r .  
I n  la rge  part, the variations a re  real, due t o  the unsteady character of 
the turbulent boundary layer.  Recent pictures obtained under more favor- 
able experimental conditions show d i s t inc t  variations i n  the fr inge contour 
of adjacent f r inges indicating the unsteadiness of the boundary layer.  
To obtain a t i m e  average prof i le ,  therefore, it i s  necessary t o  average 
the prof i les  recorded. 

. obtained i n  t h i s  way are  shown i n  figure 9. An appreciable var ia t ion i n  

If the slope of the temperature prof i le  a t  the w a l l ,  (dT/dy),, could 
be accurately determined from these data, then it would provide d i r ec t ly  
a measure of the heat t ransfer  t o  the w a l l .  Unfortunately, t h i s  procedure 
cannot be used because the l a r g e  temperature gradients n e a  the w a l l  can- 
not be adequately resolved from the interferogram. Therefore, an alter- 
nate way of determining heat t ransfer  from the data was  sought. It w a s  
f e l t  t ha t  an energy balance method, analogous t o  the momentum method of 
determining skin f r i c t i o n  from densitjj and velocity prof i les ,  would be 
sui table  and would of fe r  the advantage of depending on the measured pro- 
f i l e s  throughout the boundary layer  rather than depending en t i re ly  on 
values close t o  the w a l l .  An energy balance i s  wri t ten using e i the r  the 
f ree- f l igh t  frame of reference o r  the wind-tunnel frame of reference. 
I n  the wind-tunnel case (model considered fixed and air i n  motion) the 
k ine t ic  energy l o s t  by a i r  i n  the boundary layer  under the action of the 
skin-fr ic t ion force i s  set equal t o  -the sum of the thermal energies gained 
by the boundary layer  and the model. 
energy changes i n  the boundary layer  are evaluated from the p ro f i l e  data 
and from skin-friction data with the assumption tha t  the velocity prof i le  
i s  of the power law form, u/uo = ( Y / & ) ~ .  The exponent n i s  evaluated 
from skin-friction data and density-profile data by use of the momentum 
equation. 
layer  thickness i s  suff ic ient  t o  permit accurate fringe measurements. 

- 
. The kinet ic  energy and thermal 

This technique appears promising f o r  cases where the boundary- 

Another method of measurement which i s  being considered is t o  in se r t  
fus ib le  rings into the surface of a tes t  model. 
i n  shallow circumferential grooves a few thousandths of an inch deep and 
a r e  then polished smooth and fair so tha t  under normal circumstances no 
shock wave is produced a t  the inser t .  
location of the fusible  ring r i s e  to  the melting point of the ring, then 
melting w i l l  begin and a shock wave w i l l  be perceived i n  shadowgraph 
pictures.  Location of the f l i g h t  distance required t o  i n i t i a t e  melting 
w i l l  give a measure of heat-transfer rate.  
use of elevated pressure ins ta l la t ions  having greater length than those 
now i n  service s o  as t o  permit temperature r i s e  of suff ic ient  maGitude 
t o  occur. 

These rings a re  in se t  

Should the model temperature a t  the 

This method w i l l  require the 

t 

. 
In s t i l l  other cases, the desired information does not require so 

For example, i n  the case of pro jec t i les  moving quantitative a treatment. 
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at meteoric velocity, sa;. 12,000 fee-: per second or higher, 'ihere are 
questions as to whethei- a given surface will s p a ,  vaporize, burn, o r  
ne1-L and flow, or in jus t  what way it will respond to aerodynamic heating. 
Of course, considerable information of this kind can be obtained directly 
from the shadowgraph pictures themselves. These are sone of the measure- 
nent techniques which are under current consideration. It is anticipated 
that additional ones will be devised as work with these facilities pro- 
gres ses. 

SUMMARY 

In s m a r y ,  then, the NACA has been app1;-ing a number of different. 
;ne-,hods to the experimental stuajr of aerodflamic heating at supersonic 
aiid h;personic Mach numbers. The problem is coclplicated by the many addi- 
,ion& similarity variables to be observed in addition to Mach number and 
Re,-nolds nmber. Notably, the temperature level of the experiments becomes 
of importance. 
it is possible at moderate supersonic Mach numbers to heat the air supply 
of a wind tunnel as is done in the Ames 10- by 12-inch heat-transfer w i n d  
tunnel. At higher speeds more novel wind-tunnel techniques are required 
to produce for short periods the desired high-temperature conditions. A 
facility in this category is the Ames hypersonic gun tunnel. At still 
higher speeds conventional wind tunnels are unsuitable for the attain- 
lrent of extremely high stagnation temperatures such as w i l l  be encountered 
in flight at Mach numbers of the order of 10. A method which has been 
used to simulate flows of this t-ype has been small-scale free-flight test- 
ing. Measurement techniques have been developed f o r  measuring quantities 
closely related to aerodynamic heating in this type facility, and methods 
for directly investigating aerodynamic heating and its effects are cur- 
rently under development. 

In order to attain the temperature conditions of flight, 
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